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ABSTRACT

An investigation of airflow over the aft portions of a variable
sweep fighter aircraft configuration has been performed. Tests conducted
in the Langley Unitary Plan wind tunnel at Mach number 2.16 inciuded
measurements of forces, moments, and local static pressures as well as
visual recordings of the airflow. An aerodynamic analytical pred--~tion
method was evaluated when used in data comparison at angles of attack
of 0, 5, and 15 degrees.

The results of this investigation indicate that in supersonic flow
the typical outboard located twin vertical tail arrangement tends to
provide a more positive increment in normal-force on the afterbody
fuselage and the horizontal tail than a singie center-mounted vertical
ta1l of similar planform shape. In addition, the results indicate that
a method for aerodynamic analysis of wing-hody-tail confiqurations
currently available at Langley Research Cerier can provide reasonable
estimates of pressure coefficient distributions cn confiqurations in
regions of complex supersonic flow. At this time, however, the available
analytical method cannot adequately replace experimental wind tunnel
tests for determining the supersonic fluew environment of a given
configuration. Experimental flow visualization techniques, in particular,
can provide data significant to the improve.nt of aerodynamic analytical

predictions methods.
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CHAPTER I
INTRODUCTION

The National Aeronautics and Space Administration maintains a
continuous effort to assess the future needs of the United States in
such areas as aeronautical research and development. Recent assessments
have led to the prediction that in the 1980's, fighter aircraft will be
sought by the military that can simultaneously sustain supersonic
flight and high maneuverability.

0f significant importance in the design and development of aircraft
has been the availability of analytical methods to predict the airflow
distribution (aerodynamic characteristics) for a given configuration.
‘hese methods have been quite useful as a design and evaluation tool
for aircraft in subsonic flow and at small incidence angles. Valid
analytical results have also been obtained in the supersonic flow
environment for aerodynamically refined cruise aircraft at small angular
incidences. But unlike the low incidences encountered by . supersonic
cruise aircraft, highly maneuverable aircraft such as those used for
defense purposes will encounter large incidence angles. It is under
these conditions of supersonic flow and large ircidence that classical
flow theories ! ~come invalid. Compiex flow regions where strong shocks,
large vorticity gradients, and flow separation are likely to occur are

located downstream of the wing where the surfaces used for aircraft



stability and control are located. For lack of a more reliable approach,
solutions to these types of problems have been treated by extensive and
time consuming experimental studies.

The present investigation was conducted to provide a technology
base to promote a better understanding of the complex flow in the region
about the afterbody fuselage. Emphasis was focused on providing a
consistent set of experimental data that could be used to improve or
develop new techniques for predicting aircraft flow distribution and
resultant loads. Comparison of experimental and analytical data has been
made at Mach number 2.16 and an aerodynamic anciytical prediction method
evalauated. The test configuration is representative of a combat tighter
aircraft and analysis is conducted at angles-of-attack of about 0, 5, and

15 degrees.



CHAPTER 11
EXPERIMENTAL APPARATUS AND PROCEDURE

General Procedure

A variable sweep fighter aircraft configuration was investigated
in the Langley Unitary Plan wind tunnel to determine aerodynamic forces
and moments in addition to airflow distribution on the aft fuselage and

tail surfaces. Experiments were conducted at the following constant

conditions:
Mach number ~--=---ceccmccom e 2.16
Reynolds number, per meter -------c-c--eccecao-- 6.55 x 106
Stagnation pressure, N/m2 --------------------- 64 590.47
Stagnation temperature, °K ---e-ceccmceommcceoaao 324.82
Y, @iF ceccccccmer e e 1.4

Boundary layer transition strips were affixed on the model nose,
inlet wed_ , and all airfoil surfaces in accordance with references 1
and 2.

The configuration matrix chart below depicts the configuration tail

positions for various Studfes.
Pressure Force Analytical
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Wind Tunnel

This investigation was conducted in the Tow Macn number test
section of the Langley Unitary Plan wind tunnel. The wind tunnel is a
closed-lgop, variable-pressure facility that uses an asymmetric sliding-
block type nozzle in each test section which permits : continuous
variation in Mach number from about 1.5 to 2.9 in the low Mach number
test section and from about 2.3 to 4.7 in the high Mach number test
section. Each test section is about 1.22 meters square and about 2.13
meters long. A schematic drawing of the tunnel arrangement is presented

in figure 1.

Model

General - The general configuration 1s representative of current
day variable sweep fighter aircraft. Ihe inlets that would exist on an
actual aircratt were modified to facilitate experimental and analytical
methods. The configuration modification consisted of wedge shaped inlet
extensions upstream of the simuiated ducts. The wedje was designed in
accordance with reference 3 to assure attached shocks at the wedge
Teading edge through the test angle of attack range at the Mach number
of 2.16.

fTha "pressure” and "force" models tested in this investigation used
a common forebody. The aft fuselage, horizontal tails and vertical tails
were geometrically similar for both the "force model" and "prossure

modei”. All tails were NACA 65A004 airfoils. Both models were rigidly



dry air storage spheres

high Mach number test section

Tow Mach number test section

starting motor

cooling tower

main drive motor

compressor }ine-up

- Sketch of the Langley Unitary Plan wind tunnel arrangement.

Figure 1.



attached to the tunnel sting support system. Figure 2 shows photographs of
the pressure and torce models mounted in the test section. Figure 3
shows a general sketch of the models.

Pressure model. - The aft fuselage and tail surfaces incorporated

static pressure orifices. The tails were formed by an integral casting
technique described i1n reference 4. The aft fuselage was made of
machined aluminium. Orifice tubing for the fuselage was exited at the
fuselage base. Since orifice tubing for the tail surfaces was channeled
thru the engine ducts, to avoid the detached shock conditions that would
have occurred due to blockage in the duct the inlets were wedged as has
been previously mentioned.

The orifice locations on the fuselage 'vere spaced as described
in Table 1. A single center-line mounted vertical tail or a twin-
outboard vertical tail arrangement could be installed. The model had
horizontal tails essentially in-line with the wing. Tne left horizontal
tail was not instrumented. Ihe orifice locations for the tail surfaces
were systematically arranged as shown in tigure 3 (b) and described in
Table 2.

Force model. - The model used for force tests is sketched in figure
3 (a). The single center vertical tail and horizontal tails could be
removed. All model parts were of machined aluminium.

Analytical model.- The geometrical representation of the analytical

model 1s displayed in figure 4. Shown is a computer generated drawing

of the primary test configuration with the single vertical tail.



Figure 2. - Photographs of models installed in the langley
Unitary Plan wind tunnel.
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Table 1
AFT FUSELAGE ORIFICE LOCATIONS

Longitudinal station Top and bottom surfaces Left and right side surface
y/v/2 2/b/2

-.19%  -.098 o .098 196 ~.050 +.048**

& No data recorded at any x/t for this position on top surface for configurations with single vertical tail

»* No data recorded at any x/t for this position on left surface for configurations with horizontal tail

Table 2
TAIL SURFACE ORIFICE LOCATIONS

x/c y/b' or z/b’

.100 .100 .300 .600 .900
W0 100 L300 .600 .%00
.500 .100 .300 .600 .900
.700 100 .300 .600 900

.900 2109 .300 .600 .900
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Measurements and Instrumentation

Pressure model. - The diameters of the nickel-copper alloy tubing
used to measure static pressures on the aft fuselage and tail surfaces
were respectively .1?3 and .051 centimeters. The pressures were
measured by means of differential pressure transducers with a 2.5 psi
range. The transducers were referenced to a pressure near that of the
test dynamic pressure which was measured by a mercury-filled manometer
mounted outsids “ic test section. In order to maximize accuracy, a
differential pressure of about 2.5 psi was applied over the transducers
and measured with the aid of another mercury-filled manometer also
located outside the test section. The recorded test data fell within
this differential pressure range. The accuracy of the test data was
maintained within 1.5 psf.

Model angle-of-attack was measured by means of an accelerometer
housed in the model nose chamber.

Force model. - Forces and moments on the model were measured by

means of an internally mounted electrical strain gage balance which was
rigidly attached to the tunnel sting-support system. Angle-of-attack
was measured by using an accelerometer affixed to the sting-support
system. Angles-of-attack were adjusted for sting-balance deflections
due to aerodynamic loads.

General. - Angles-of-attack were adjusted for tunnel airflow

misalignment.
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Data Acquisition

Force and pressure data. - The data presented herein tabulated

from measured forces and pressures were acquired thru a computer
operated data acquisition system, and represents the average of sixty
frames of data recorded over a period of two seconds.

Flow visualization. - Visual data was recorded using the "vapor

screen" technique. The vapor screen method (reference 5) focuses a thin
vertical beam of concentrated lighting on the model which is immersed
in airflow saturated with moisture. The light rays provide cutting
planes through the "fog" that can then be visualized because the
refracted 1ight reflects the density changes in the flow. Fi.w
disturbances such as shock fronts appear as discrete changes in lighting
and vortices appear as darkened areas in the "vapor screen”. The flow
is photographed with cameras appropriately located inside or outside the
test section. In addition, schlieren photographs of the tests were

taken.



CHAPTER I11
ANAL YTICAL METHOD

General Background

Analytical methods in aircraft aerodynamics have been useful in the
design cycle for a variety of aircraft configurations. But, these
analytical configurations have been required to be relatively simple in
shape. In references 6 thru 8 various methods are used to estimate the
pressure distribution over simple aerodynamic shapes. The shapes
considered are either bodies of revolution or lifting surfaces.

How to accurately predict the aerodynamic characteristics of bodies
and 1ifting surfaces when placed in combination has been an area attracting
considerable research. An example of such early efforts is reference 9
where a method for determining the 1ift characteristics on some wing-body-
tail combinations is presented. The method of reference 9 is well
substantiated by experimental results, but the applicable configuration
shapes are limited to circular-cylindrical bodies of revolution with
triangular, rectangular or trapezoidal wings. Ailthough distribution of
the airflow is not specifically treated, the authors placed considerable
emphasis on the problem of determining the effect of wing vortices in the
region of the tail. Recent efforts to better understand the behavior
of vortices are reflected in references 10 and 11. A method for
predicting vortex-1ift is presented in reference 10, but has Jifficulty
handling 1ifting surfaces with broken leading edge sweeps. Also, at
supersonic speeds the method is quite sensitive to Mach number variations.

14
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In reference 11, the author explores methods to determine the near-field
wake structure resulting from the vorticity distribution inmediately
behind the 1ift-generating surfaces.

Some methods for predicting near-field pressures about bodies of
revolution in supersonic flow are analyzed in reference 12. Whereas
far-field prediction methods have been in general accord, prediction
methods valid in the near-field have not. Several methods for determining
near-field flow characteristics are based on the research efforts of
G. B. Whitham (reference 13). Whitham uniquely combined supersonic
linearized theory with a simplified characteristics theory to develop a
method for calculating far-field pressures. Modifications which began
the characteristics on the body surface instead of on the body axis
extended Hhitham's theory to the near-field and improved flow field
predictions.

Whitham's method has been expanded by Wcodward. Woodward's research
efforts in references 14 thru 16 added singularity distributions to the
1ifting surface plane in an attempt to further improve the aerodynamic
representation of the near-field. A Woodward analytical method was
modified to simplify éalculations and used in the supersonic transport
studies in reference 17. In the method used for this investigation,
reference 18, Woodward also attempts to include bodies of arbitrary
shape. An evaluation of the subject Woodward method was made in
reference 19 where the generally favorable conclusions were based on
comparison of data obtained on wingé, on hodies of revolution and on

the pressure distribution on the wing of a wing-body-tail- configuration.
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Predicling the flow over the tail, the focus of this investigation, is
a more complex problem than that for the wing, primarily because of the
difficulty in predicting aerodynamic interference on the tail.

Other analytical methods such as that discussed in reference 20
which was used to predict the pressure distribution about the B-1
airplane in supersonic flow may 21so provide accurate data estimates.

The method of reference 20 is a finite difference method that solves a
system of first-order hyperbolic partial differential equations in
which a technique for predicting separated flow is included. To date,
accurate results have been obtained on the test B-1 configuration using
this method, but only about 80 percent of the body length has been analyzed.
It should be mentioned that an extremely fine grid system was used in
obtaining these results. The regions where the most complex flow exist,
and the subject area of this investigation, has yet to be analyzed. For
the three discrete conditions of attitude and Mach number predicted in
reference 20, the partial calculations have used over 3 hours of computer
computational time (CDC 7600 computer) and numerous man-hours have been
required. The analysis of flow over the aft portions of the B-1 airplane
is expected to be complete in early 1976. Only then can a thorough
evaluation of the method be made.

The analytical method used in this investigation (reference 18)
was selected beca.se of its availability at Langley Research Center,
because the computer program input is simple in that it is compatible
with re¢'erence 25, and because previous use of the method with relatively

simple geometries (reference 19) have provided acceptable results.
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The Woodward Method

The Woodward method used in this investigation is described in
detail in reference 18. The approach taken, using potential flow theory,
is to establish a system of linear equations which relates the magnitude
of the velocity normal to the surface at each panel control point to the
aerodynamic singularity strengths. The surface of the fuselage of the
subject configuration is divided into a number of panels. On each fuselage
panel, the strength of the potential function is assumed to be a constant
source distribution and then the intervals can be evaluated over the
element. The potential function strength must satisfy the boundary
condition of tangential flow at the control point of each panel. The
control point on the body(fuselage) is located at the centroid of each
panel. Thus evolves a system of linear equations of unknown potential
function strengths which are solved by an iterative procedure. Once
the distribution of strengths is known, the velocities and then the
pressure coefficients can be calculated at the control points.

The wing and tail surfaces are also divided into panels, but the
potential function is a vortex distribution with linear variation in
the streamwise direction. The numerical procedure for solutions to the
vortex strengths is the same as for the fuselage. Although the option
of singularity distributions on the surfaces of the 1ifting component is
. -fered, it is currently available only for the subsonic case and is

therefore not applicable for this investigation. In this investigation,
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the wing and tail panels are located in the mean plane of the respective
surfaces. Figure 4 illustrates the paneling scheme used for this

investigation.



CHAPTER 1V
RESULTS AND DISCUSSION

Because of the symmetry of the airflow and the symmetry of the model
geometry under consideration in this investigation, the data presented

herein will be only for the starboard side of the model.
Pressure Distributions

Atterbody fuselage.- The afterbody fuselage is relatively simple in

design, resembles a distorted cylinder or square, and for research
purposes is thought to be representative of current fighter aircraft.
The distribution of pressure coefficients on the afterbody fuselage when
void of tails is presented in figure 5. The data in figure 5 indicate
that without tail interference, little flow variation with streamwise
location (x/1) ~vists at small angles of attack. At = (0°, despite the
interference of configuration forebody(nose, canopy, wedged inlets,
centerbody) and wing, the pressure coefficients measured on the test model
fuselage are .omparable to the results in reference 22 for a body of
revolution. This imﬁ]ies that at small incidence, forebody-wing
interference effects about the body can be small or deteriorate rapidly
with downstream position (in this Mach number region). Non-linearities
in the pressure variation occur with increase in angle-of-attack,
particularly at a= 15°0n the fuselage top surface where comparatively

large pressure gradients exist.

19
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In figure 6, the effect of the various tail arrangements on flow
about the afterbody is presented. The data show that the horizontal
tail induces significant non-linearities in the pressure coefficients
along the afterbody side. At « = 0°, where the horizontal tail effect
appears minimal, maximum influence on the fuselage occurs in the region
near the tail leading edge juncture with the fuselage. This higher
pressure region on the fuselage is probably the result of this portion
of the fuselage being behind the shock cone of the horizontal tail.

The point along orifice row 4 and the point along orifice row 5 where

the interference initially occurs define an angle which is a measure of
the effective shock cone angle. The presence of a vertical tail in any
test configuration is shown to significantly affect only flow on the
fuselage top surface. The twin vertical tail arrangement, generally
associated with the larger flow gradients, induces a region of expanded
flow over the top surface and in particular near the tail-fuselage
juncture(orifice row 2). The single vertical tail induces a higher
pressure region on the fuselage near the airfoil leading edge(x/1 = .83),
but a lower pressure region near the airfoil trailing edge.

Vertical tail.- The position of the vertical tail relative to the

forebody-wing wake can be crutial to aircraft stability. In reference

23 extensive wind tunnel force tests were performed on a similar combat
fighter configuration to determine the aerodynamic effect of the

vertical tail in various positions. The vertical tails used in reference

23 were similar to those used in this investigation. The starboard
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surface flow conditions of the tails are indicated in figure 7 and the
complete flow over the twin tail is indicated in figure 8.

Although the twin and single v._rtical tails are at different
locations, the data of figure 7 show that at small angles of attack the
pressure coefficients on the starboard surfaces are similar in value
near the airfoil trailing edge. The twin tail exhibits higher pressures
near the leading edge than the single vertical tail.

The differential pressure coefficients produced by the circulation
of airflow about the twin vertical tail (figure 8) indicate an inboard
directed side-force that increases with increase in angle-of-attack.
Local flow regions near the fuselage show evidence of providing an
outboard directed side-force near the airfoil trailing edge.

Horizontal tail. - Flow about the horizontal tail is shown in

figure 9 for the configuration with the single vertical tail. The

effect of the vertical tail positions on flow about the horizontal tail

is depicted in figure 10 which shows that the single vertical tail effects
the flow near the root chord leading edge and near the tip. The negative
increment in Cp on both the upper and lower horizontal tail surfaces when
in the presence of the single vertical tail is thought to be the result of
shock interactions. The shock cone formed at the vertical tail leading
edge propagates to intersect with other shocks, particularly those that
emanate from the wing tip, to raduce local Mach number and decrease the

local static pressures near the tip of the tail. Except as noted, the

center vertical tail had essentially no effect on the horizontal tail



26

parROgUe}Ss 3yl

*SLLeY |BILIAIA SNOLJUBA BY3 1O 3delans
U0 SUOLINGLAISLP JUALD144300 3unssauad 40 uostuaedwoy -°/ a.nbi4

Lieds!

’/x Iz a/x £33
00- 0= wqdry
[ T g [ 2 0 01 [ 9 he 2 0l 9 9 [\ 2 9 01 -8 -4 [N 2 ]
f 1 T I T L i I T T T & i T T T T - T T T T T r
0 -10 —o —{o
1\A/\A“H“\q ——"
. Jee - i
g~ ;m.- —e- -
00" 5= wydiy
o ) [ h 2 0l [ g R 2 01 8 9 h g [ 01 8 g b 2 .
[ 4 T T T J I T LI I T v I T T T 1 v { 1 ! T il '
V\R\Q T Lo T T
- ~i - —1-
—4e- Lu.- Lw.- —z -
00°S1= wdry
(4] 9 9 [ 2 (A} 9 9 . 01 (4 9 W 2 0 01 [} 9 h z
f L ¥ T T v | I I T [ v [ T 1 L Ll r ! T T T v
w&‘h«“\q T ..ﬁ.. i T
-t - 1= —qte-
- - 2e- i P
6° g € t =
—)



27

‘11eY |BO1JUBA ULM) BY} JO SIIRJUNS PAROQURIS
pue 340d 3yl uo SUOLINQLAISLP JUIEDLS}D0D dunssaud 0 uostaedwo) -:g aunby

afx asfz 74 1
00 0= =dtv
03 8 2 W ) 01 9 8 h 2 90 [Ud] 9 8 [ 2 11 8’ 9 [, 2 ]

F T i T 1 1 i Ll ) T T v | T 1 1 1 t I L | 1 1 r
q\\d\q T ?\0\\v ° T T
1\4\4.!\\\ L_.- @\0\@\@\@ ~1e- - —r--

—le- —z-- —e- —e -
00° 5= sudtv

01 9 9 [ d [ 4] [ 9 .3 2 (] 9 e b 2 03 [ 9 [N 2 [

f ) 1 L ] v | L \ Bl I v | T 1 1 1 - [ T 1 T T I
\5\0\1 H Q\O\A\O .IAQ 1 T
4\1\\."*\\\14.: O.l.\lk«(\\és\\.»l_i e~ b LA

-4z~ ~zr- —~2- —ae-
00°S1=wdrv
o.lllflIll 03 [ 9 [ 2 [A] [ 4 W 2 01 e 9 (3 2

i | 1 I L ] J ( i i T T I T ) T T 1

P —o o %.
g_.- L - e

1\\:}

[ NS 72 u«.- 2 - —2-
|—n.| € - € - _le--
6 Q- € H




*L1e} [e3134aA 3 BuLs Byl jo dduasaud Ay} ui 13 (eJuOZLJoy BYI 30
$9J04uUNS 43MO| pue 43ddn SYyj U0 SIUILILJJID03 3unssauad JO UOLINQLUISLQ -6 d4nbLy

oo'gt by 0 5 = mdy o I b
TPL MRaecsuoH ™), reywoTuoH ey PrOEsacyy
o [ L S u\nn 1 (Y Q1 [ [N $ u\.n ! c2 [ L3 o < v\-n . [54
r T T T T T 1 | SN SURA S S S S e S S A S
» v . 1 bl
) { .
I .
9 ~e f ~1 = o
: | | .
B ~Hr -~ e
: , ; !
N AT L
[+ N - R
& R AR A — e

| SUSNEN GRS S




*sjusuebuedde [1e] [©D}3A3A SNOLARA 403 LLPD
LBIUCZLA0Y BYY UO SUOLINGLAISLP JUILILS4200 danssaad 4O uoSiueduwo) -°Q| 34nbrj

soesans aaddn (e)

00°51  swkv s swmey
L PO - wruct
x [4
ol _§ ¢t & ¢ e R S P 6t
¥ + k) L 1] ¥ 1 u 1 T T T H
; B H »
H H : {
: 1 : 1 :
m {4 4 P 1
: e m 4 4
. L - . lav\\ - ~ g P
- "l
€ VA b L < > J_n
w Lo W, fi= 1o -,
. y : - - . ) 1 ! .
\. J“%l‘ ..;/“.IWI it \ “&L_ - .
. / [ = ] c po———
£ [ ; he —
= }. |
| 1 4
- w7
L= § i



*P3pN{dU0) -°0f dunbiy
adejdns J3mo| (q)

hh
gL

ks



3

surface flow characteristics and the lower surface was unaffected for
other tail variations (figure 10(b)). The twin vertical tail induces a
highe~ pressure region over the horizontal tail upper surface’that
generally reaches a peak value near the 1/4 chord location. Regardless
of the vertical tail arrangement(figure 10(a)), at « = 15° the tip
portion of the horizontal tail upper surface appears to be in a region
of detached flow as indicated by the lack of change in cp with downstream
travel(x/c). The data in reference 24 for the co parable uncambered

swept airfoil, which were recorded in the free stream, exhibit the basic

flow trends as for the current tail in the wing-body wake.

Flow Visualization

Vapor screen photographs. - The sequence of photographs in

figure 11 were taken by a camera mounted insi » the test section
during "vapor screen" tests on the "force model". The photographs
nighlight flow at cutting planes perpendicular to the flow. The
sequence of photoyraphs taken at « = 15° were taken

(1) Immediately behind the wedged inlet tip

(2) Midway along the glove
and (3) Immediately behind the wing-glove juncture.
Although the reproduced photographs in this publication are not of
particularly good quality(see Appendix A for enlarged photographs)
careful examination of the above sequences will show the formation
of vortex cores and vortex sheets depicted by the discrete dark areas
at various postions along the model. Next in the sequence

(4) At the wing root trailing edge
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can be seen an isolated vortex core between the fuselage and the wing
trailing edge. This vortex is located below the model wing and is
thought to form along the windward surface of the wedge-inlet ramp.
Local circulation between the ramp and the fuselage apparently grows to
sufficient strength to form a vortex core that travels a significant
distance downstream.

The next three sequences

(5) Midway along the wing leading edge

(6) At the most spanwise tip of the wing

(7) At the most streamwise tip of the wing
show strong vortices rolling over the wing leading edge that is
classically desrcibed in reference 11. Sequences 6 and 7 also show
apparently weaker vortices forming at the horizontal tail leading edge.

When also considering the sequence

(8) At the trailing edge of the vertical tail tip
it is quite apparent that a significant portion of the horizontal tail
near the tip is immersed in its own vortex roll-up.

Schlieren photographs.- The schlieren photographs of figure 12(a)

indicate by the lighé colored area extended over the fuselage top surface
that at low angles of attack, regions of low energy air exist that
persist in the presence of the vertical tail. In figure 12(b) further
evidence of lhe aforementioned vortex core thought to form on the wedge-
inlet ramp can be seen below the fuselage bottom surface(dark region that

starts between the se~ond and third vertica® bars and travels downstream).
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Force Tests

The force tests provide the integrated results of the model's
aerodynamic characteristics. To determine the effect of the tails located
on a given configuration, for example, the forces and the moments are
obtained on the configuration with the tails on and tails off. Figure 13
shows the force test data where the effect of the horizontal and the
single center-mounted vertical tails on the configuration can be seen.

A comparison of the configuration loading due to the tails obtained
from the force tests with results obtained from the pressure tests is
shown in Table 3. The simple analytical paneling scheme in figure 3(b)
was used in this comparison. The change in loading on the afterbody
fuselage due to the presence of the tails was also considered.
Calculations were performed by using the equation

agy, = 2% Acp : Tocal area

The data is in excellent agreement although a rather sparse grid system

was used in the numerical integration of the horizontal tail pressure data.

Table 3.

COMPARISON OF FORCE AND PRESSURE TEST RESULTS ON NORMAL FORCE
COEFFICIENT DUE TO HORIZONTAL AND SINGLE VERTICAL TAILS

Pressure Data Force Data
horizontal tail body total
a, deg CN ACN ACN ACN
0 -.005 -.001 -.006 -.N0s
5 .025 .002 .n27 .026

15 .083 .004 .087 .090
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Net Pressure Data

In figure 14 is presented the distribution of net pressure
coefficients on the afterbody fuselage for various thil arrangements.
The data indicate that the interference flow over the fuselage top
surface due to the presence of the tails(previously discussed) generally
results in an increase in positive normal force(negative Acp) that is
most prevalent near the model base. The twin vertical tails induce more
incremental normal force than the single vertical tail. ‘

Figure 15 shows that the twin vertical tail generally induces a
positive increment in the normal force contribution of the horizontal
tail. Net isobars on the horizontal tail in the presence of the single
vertical tail are presented in figure 16. At «= 02 the peak loading
appears to occur near the tip of the horizontal tail. With increase
in angla-of-attack, the load concentration tends ‘o move inboard and
become more distributed over the tail surface. Peak chordwise values,

as expected, occur at the leading edge.
Analytical Solution

Comparison with experimental data.- The analytical method as

described in reference 18 was used to predict the flow about the model.

In generating the numerical analysis model, emphasis was placed on
obtaining predictions of pressure coefficients at positions that coincided
with the orifice locations on the test model tail surfaces. Orifice

matching was not attempted on the fuselage due to the added computer
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storage required and the significant increase in time required for
calculations. It is felt that the analytical predictions for the afterbody
fuselage are sufficiently representative of the flow that would be predicted
if a more dense grid system were used. The analytical predictions for the
body are representative of flow over the general surface areas whereas
predictions over the tail surfaces are matched with experimental data for
flow comparison at a point.

The predicted pressures over the afterbody fuselage(figure 17) generally
well define the regions of the experimental data at small a.gles of attack.
At a=15°, the regions on the fuselage top surface continue to be well
predicted, but the predictions for the fuselage side are scattered and do
not provide adequate representation of the experimental data. Also at

a =15°, predictions of flow on the fuselage bottom surface generally
tend to average higher pressures than indicated by experiment.

At small angles of attack and neglecting the region near the tip,
pressures predicted over most of the h .zontal tail are generally lower
(more negative Cp) than experimental values on the upper surface and larger
than experimental values on the lower surface(figure 18). In the tip
region, however, predicted values are generally much larger(more positive
Cp) than experimental values on the upper surface. At large angles of
attack(a =15°) the predicted upper surface pressures are generally greater
than those indicated by experiment.

The net result of the surface flows is shown in figure 19 where the
predicted spanwise loading i3 greater(more negative A Cp) than experimentally
determined loading at small incidence and less than experimental at large

incidence( @ =15°). The predicted data indicate an effective upwash(negative
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A cp at =0°) on the horizontal tail whereas experimental data clearly
indicate downwash on the tail. This discrepancy can be accounted for in
the analytical technique. The upstream influence on the various tail
control points is determined by a system of Mach lines that define a
region of aerodynamic influence. The resultant effect on the tail is
attributed to the fact that in this method, apparently the upwash
influence of the body is greater than the downwash influence of the wing.
Although the model has a complex analytical geometry, the predicted
novmal force and drag coefficients for the configuration presented in
Table 4 compare well with experimental data(predicted data do not include
vortex 1ift contribution). It should be noted, however, that a factor of

two discrepancy in predicted Cm exists at « =5° and 15°. Some factors

which may account for this discrepancy are discussed in the next section.

Table 4

COMPARISON OF SOME AERODYNAMIC RESULTS FROM FORCE
TESTS WITH ANALYTICAL PREDICTIONS

» deg Coefficient Force(Experimental) Analytical
0 CN .027 .047
CD .028 .026
Cm .005 .006
5 CN .245 .259
CD .051 .052
Cm -.060 -.028
15 CN .640 .642
CD 197 .205
c -.170 -.097
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Analytical modeling and procedure. - The geometry of the configuration

posed numerous handling problems for the anmalytical method. The gap
between the model canopy and the port side of the wedge extension could
not be analytically represented. The method currently cannot handle
nacelles (or similar protuberances) and this gap was treated as though
an extremely thin surface connected the canopy and the wedge. Thus
the combined fuselage and the wedge inlet were analytically treated as
comprising the fuselage. The broken sweep angle of the leading edge is
such that for the test Mach number, the inboard portion of the wing has
a subsonic leading edge and the outboard portion has a supersonic leading
edge. Similar conditions exist for the wing trailing edge. Both geometric
areas pose special and somewhat difficult procedures for the method.

The an2 ytical model used for this investigation was relatively
simple to construct to be compatible with reference 21. The computational
data for the starboard half of the model is shown in Table 5.

TABLE 5
ANALYTICAL MODEL COMPUTATIONAL DATA

No. of panels Component
168 Fuselage
153 wing
36 horizonta? tail
20 vertical tail

Computational tim: (CDC 6600 computer) to compute the data for the

three model attitudes was approximately .44 hours.
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The analytical method used provides an inviscid solution to the flow
problem. Improvements in estimating the fl~w could be made by introducing
viscous parameters into the procedure such as has been demonstrated in
reference 20. Adjustments in the treatment of the aerodynamic influence
coefficients on the fuselage and on the wing appear warranted to improve
the prediction of downwash effects on the horizontal tail. The capability

for better amelytical representation of protuberances is also desirable.



CHAPTER V
CONCLUDING REMARKS

An investigation of airflow over the aft portions of a variable
sweep fighter aircraft configuration has been conducted at Mach number
2.16. Tests have been pemovmed in the Langley Unitary Plan wind tunnel
and an aerodynamic analytical prediction method used to provide information
for correlation with the wind tunnel data. The results of this

investigation indicate the following conclusions:

1. At supersonic speeds, twin outboard located vertical tails
should tend to provide more positive increments in normal
force on the fuselage afterbody and the horizontal tail
than a single center-line mounted vertical tail of similar
planform shape.

2. The use of the Woodward method currently in use at Langley
Research Center for analysis of wing-body-tail configurations
provides reasonable predictions of the pressure coefficients
in a complex region of supersonic flow at small angles of
attack. This computer program method is easy to use and
requires relatively little computer time.

3. MWind tunnel tests cannot at this time be adequately replaced
by the analytical method used for understanding complex

regions of supersonic flow. Flow visualization techniques

52
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are desirable aids in advancing the "state of the art" in
analytical prediction methods. Oesirable changes to increase
the accuracy of the method include better analytical
representation of geometric protuberances, revised treatment
of aerodynamic influence coefficients on the body and on the

wing, and the introduction of effective viscous parameters.
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APPENDIX A
VAPOR SCREEN PHOTOGRAPHS

This appendix provides an enlargement of the visual data presented
in the text as Figure 11 and discussed on pages 31 thru 33. The data
were recorded at an angle of attack of 15 degrees because the flow could
more readily be seen and recognized than at lower angles of attack.

The sequence of photographs presented depicts the fiow at the various
positions along the model in accordance with the numbered stations on
the model sketch.

The shock fronts appear as discrete changes in lighting in the
photographs, whereas the vortices appear as dark areas. (Familiarity
with the model geometry is suggested before analysis of the photographs
is attempted. Model shadows and the black-painted model itself may also

appear as dark areas.)
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Half-model sketch.
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